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RESIDUAL STRESSES IN ANGLEPLIED LAMINATES AND THEIR

EFFECTS ON LAMINATE BEHAVIOR

C. C. Chamis

National Aeronautics and Space Administration
Lewis Research Center
. Cleveland, Ohio
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NASA Lewis Research Center research in the field of composite laminate
residual stresses is reviewed and summarized. The origin of lamination re-
sidual stresses, evidence of their presence, experimental methods for meas-—
uring them, and theoretical methods for predicting them are described. Typ-
icel results are presented which show the magnitudes cof residual stresses in
various laminates including hybrids and superhybrids, and in other complex
composite components. Results are also presented which slow the effects of
Jamination residual stresses on laminate warpage and ¢n laminate wmechanical
properties including fracture stresses. Finally, the mejor findings and con-
clusions derived therefrom are summarized.
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Introduction

Determining the structural integrity and durability of structural com-
ponents fabricated from angleplied fiber composite laminates requires use of
various deterministic mathematical models. These models, for example, may be
for relating stresses to applied forces, stress intensities at the tips of
cracks to nominal stresses in the component, buckling resistance to applied
force, vibration respcnse to excitation sources, stress wave propagation to
impact loads, etc. Deterministic models of such cases require knowledge of
stress-strain-tempcrature-moisture reiationships and strain depeundent stress
and failure criteria to relate stress to strength. Experimental data, for
example, indicate that the presence of residual stress has significant in-
fluence on the initial tangent properties of boron/aluminum angleplied lam-
inates. Analysis of experimental data from fiber/resin-matrix laminates
shows that the lamination residual stresses may be of sufficiently high mag-
nitude to strain the plies transverse to the [iber direction near or beyond
the corresponding strength in certain ply orientation configurations. De-
termination of residual stresses and their effects on the laminate structural
integrity has been the subject of considerable in-hous> and sponsored re-
search at NASA Lewis Research Center (LeRC) over the past 8 years. The im-
portant results generated during this period and the sigrnificart conclusions
derived therefrom are reviewed and summarized herein.

Origin of Lamination Residual Stresses

Lamination residual stresses in the plie. of angleplied fiber composite
lamina'.es (fig. 1) originate from the four following factors:

1. The differences in the ply thermal expansion coefficients along (uill)
and transverse (agp7) to the fiber direction (fig. 2). For tiier/resin
composites the ratio of these coefficients (agjps/ay)1) is about 20 while for
boron/aluminum composites it is about 3.

2. The difference in the ply orientation angle (63) between the ply ma-
terial axis (along the fiber direction (1)) and the laminate structural axis
(X), Figure 1. The larger this angle, the greater the lamination residual
stress in the ply. There are no residual stresses in unidirectional compos-
ites because all plies have the same orientation angle. However, they are
present in unidirectional hybrids.

3. the difference (AT) between the temperature at which the laminate is
fabricated and *... temperature at which the laminate is used at the instant
the lamination residual stresses are calculated. For fiber/epoxy composites
the AT 4s approximately 167 K (300° F); for fiber/polyimide composites,
about 295 K (530° F); and for boron aluminum composites, about 500 K (900° F)

4. The ability of the ply to support stress along its material axis.
That is, if a ply cannot support stress along the fiber direction (og11)»
there will be no laminatdon residual stress along this direction, an! simi-

larly for the stress transverse to the fiber direction (0122) or the intra-
laminar shear stress (0212).

Evidence of Lamination Residual Stresses

Visual evidence of lamination residual stress in angle ply laminates
exists in the form of transply cracks and warpage of unsymmetric angleplied
laminates. Both of these effects occur after the laminate has been fabricated
and before it is subjected to any mechanical loading.



Transply cracks occur when the lamination residual stress in the trans-
verse direction exceeds the ply transverse tensile strength (5122T) or
fracture strain. For typical fiber/resin composites Sgoor has a range of
28 to 69 MPa (4 to 10 ksi) while for boron/aluminum composites its range is
82.7 to 165.5 KPa (12 to 24 ksil). The phu.omicrograph in Figure 3 taken
from Ref. 1 shows transply cracks in a [(0/90),]g (0/90/0/90/90/0/90/0 -
stacking sequence) high-modulus-graphite-fiber/epoxy angleplied laminate.
The transply cracks shown occur in both the 0° and the 90°-plies and, as can
be seen, they occur at regular intervals.

Laminates warp after they are removed from the mold if their ply con-

figuration is unsymmetric. This is illustrated in Figure 4, which shows the
warpage of [0/45/-45/0] unsymmetric laminate.

Measurement of Lamination Residual Stresses

The magnitude of lamination residual stress in angleplied laminates may
be determined directly by embedding strain gages as described in Refs. 2 and
3, or indirectly by measuring the corner displacement (ref. 4) or the cur-
vature of unsymmetric warped laminates.

Strain gages are embedded during the fatricaticn of the laminate. The
gages are usually placed as is shown in Figure 5. The strain variation in
the plies during the fabrication process is cetermined by monitoring the
embedded strain gages. Typical strain versus temperature recccds during
fabrication are shown in Figure 6 taken from Ref. 3. The stresses corres-
ponding to these strains are determined by using appropriate stress-strain-
temperature relationships as will be described later. It is worthy of note
that practically all the lamination residual strain is thermal and builds up
as the laminate is cooled from the cure temperature 440 K (350° F) to room
temperature.

The lamination residual strains and stresses of warped laminates can be
determined from the measured curvatures as will be describeud later. Note
that it is possible to determine the variation of curvatures versus temper-
atures by heating a warped laminate.

Equations for Predicting Lamination Residual Stresses

Equations for predicting approximarely ply lamination residual stresses
(0g1), or ply thermal stresses in general, are derived using linear laminate
theory as described in Ref. 5. These equations, in matrix form, are given
by

. =] ,
bygd = Byl <“‘ul Eoox! = 204(Req] Koy = ATy hu> )

where the reference plane strains fecox} and the curvature changes’ oy} for
a free composite (free of external loads and toundary constraint) are com-
puted from

’ N _1
tcox} [Acx][ch] (NCATX}

« = (2)
cx} [ch][Dcx] ]JHCATX}

Equations (1) &nd (2) show that the ply residuzl stress is a function of the
following factors: (1) the composite or laminate structural stiffnesses,
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(Acx)s [Cex] and [Dex], and the thermal forces ®carx} and #cprx}, (2) the
ply spatial location in the composite Zj4y and [Rgy], (3) the ply stress-
strain relation [Eg4], (4) the ply thermal coefficients of expansion fg4}
and, (5) the temperature difference between the ply and the reference value
ATyqy. This difference equals the ply temperature minus the cure temperature
in computing residual and thermal stresses. The above discussion leads to
the identification of the independent variables which influence the ply re-
sidual stress. These are: (1) Constituent materials' elastic properties,
(2) Constituent materials' thermal properties, (3) Fiber volume ratio,

(4) Void content, (5) Ply distance from reference plune, (6) Ply orientation
relative to composite structural axes and (7) Difference between ply tem-
perature and cure temperature. In subsequent sections the effects of some of
these variables on ply lamination residual stresses will be illustrated and
discussed.

The matrix equations (1) can also be used to predict ply lamination re-
sidual stress in warped laminates from measured curvatures. For this case
the reference plane strains {.ox} are also needed. These strains may be
determined directly by measurement or they may be approximated using the
following equation:

e ox] - At o} (3)

where .7 ie the difference between cure and room temperatures and fcx}
are the theimal expansion coefficients of the laminate along the structural
axes. The thermel expansion coefficients are determined using linear lam-
inate theory (ref. 6).

The ply thermal stresses versus temperature can be determined using
measured curvatures and either measured or predicted via equation (3) ref-
erence plane strains. For this case boch the curvatures and the reference
plane strain need to be known at the temperature of interest.

Lamination Residual Stresses in Typical Angleplied Laminates

Lamination residual stresses in the plies of typical angleplied lam-
inates used for structural components were computed using equations (1) and
(2) as described in Ref. 5. Some typical results obtained from these com-
putations are illustrated in Figure 7 for ply transverse residual stresses.

The points to be noted from Figure 7 are:

1. The ply residual transverse stress (9597) in [0,/48]g angleplied
laminates increases rapidly with 6 wup to about 45° and levels off there-
after (fig. 7(a)). This figure also shows that o0jy7; decreases with in-
creasing fiber volume ratio in the range shown (0.35 to 0.75).

2. The ply residual stress oz77; 18 not sensitive to € in (0/£8/90]¢
angleplied laminates (fig. 7(b)).

3. The ply residual transverse stress is approximately the ssme in both
symmetric [($6)]g and unsymmetric interspersed [(#8),]) angleplied laminates
(f1g. 7(c)). The corresponding stress in unsymmetric non-interspersed
[64/-64) ungleplied laminates is about 30 percent higher than that in either
the symmetric or the unsymmetric interspersed laminates.

The magnitude reached by the ply residual transverse stress in the
symmetric laminates with 0.55 fiber volume retio i{s about 41 MPa (6 ksi)
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which is well within the range of the corresponding strength 28 to 70 MPa
(4 to 10 ksi) mentioned in a previous section. Based on these calculations
the transply cracks shown in Figure 3 would be expectec.

Lamination Resicual Stresses in fpecial Anglepliec lacinates

As is well known, the laminate configuration {s selected tc meet specific
design requirements. For example, the twe angleplied laminates [(2£5),/
(#22.5)2/0g]s and [(#30),/(£15)2/0s]lg are usually selectec for structural
components where cantilever flexura! ard toreional stiffness control the de-
sign. The first laminate offers greater torsional stiffpess while the second
offers greater flexural stiffness and somewhat greater flexural strength.
Typical applications for such laminates may be skins orn airplane winge anc/er
compressor fan blades for afrcraft turtine engines.

The ply residual transverse stresses in the above arplerliec lamirates
are showr in Figure 8 taken frow Ref. 5 as a function of matrix moculus. As
can be observecd the ply residual transverse stress in the {(:~5)47(22.5)/0q]s
angleplied laminate is sbout twice as high as that ir the Z:gS:)_'(zlS)lté,s
angleplied laminates. Alsc, the ply residual trancverse siresc increases
with increasing matrix wodulus (E;). Thic increase is mcre rapic where
is smaller than 4.8x10% kPa (0.7x10F pei) and appears tc level off where
Ex 1s greater thar this value. As can alsc be observec, the resicua. trazs-
verse stress in the first laminate is about €2.0 Mra (S ksi) for an Zt of
about 3.4x10% kFa (0.5x10¢ psij. This is preater by about 5C percent thar
the corresponding ply transverse strength of about &i Mra (6 ksi) (ref. 3)
for this composite.

The following poirts may be concluded from the results showr in Fig-
ure 8 and the abcve discussion:

1. The lamination residual stress is ar impertant design variable anc
needs to be considerec ir selecting lawinate configuraticns for specific
designs.

2. The ply lamination residval stresses ip special angleplied lacinates
may reack magritudes which exceed the strength of the plv and therefore
produce transply cracks in these laminates,

3. The lamination residual stress cepends strongly or the matrix mod-
ulus (E;) where Ep is less than abcut 6.9%10° kFa (0.7x1CE psi). This in-
cludes almost all resin matrices. Composites made from a matrix with low
modulus will have relatively low lamination resicual stresses and thermal
stresses in general. FKowever, the strengths and moduli cof these composites
tend to be low alsc (ref. 5).

4. The lamination residucl stress in the composite decreases as the
matriy modulus decreases. The modulus can decrease efther due to mechanical
load, thermal or any other environwental exposure, c¢r com!inations therec?.
Composite strengths and moduld decrease whern this reductior ir matrix occurs.
The decay in residual stress with loss in mocdulus {s consistent witk the
statement made earlier that res:cdual stress exists only if the material can
support {it. ’

Though data are not presented here, it was shown in Kef. 5 that the
lamination residua! stress does not depend on void content ip the compesite
anc decreases with decreariny wmatrix thermal expansion coefficiert. These
two effects, predicted in Ref. 5, were confirmed experinentally in Ref. 3,

The residual stress decreases with increasing fiber volume ratio (fig. 7(a)).
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The residual stress increases with increasing ply crientation angle (fig.
7(2)) and it increases with increasing matrix modulus (fig. 8). These ob-
servations were also confirmed by the data of Ref. 3. Lamination residual
stresses in various pseudo-isotropic (quasi-isotropic) laminates where in-
vestigated in Ref. 7. The ply residual transverse stress in these laminates
has a magnitude comparable to that shown in Figure 7(b). Lamination re-
sidual stresses in high modulus graphite/polyimide angleplied laminates suit-
able for aircraft turbine engine fan blade use were investigated in Ref. 8.
The results showed that the ply transverse residual stress can be minimized
at the expense of torsional stiffness. Both predictions developed at LeRC
and experimental data shown in Ref. 9, neither of which are reported herein,
showed that the lamination residual stresses in the plies of interply hybrids
(ply-by-ply staking) are approximately equal to those in the non-hybrids pro-
vided that they both have the same laminate configuration.

Lamination Residual Stresses in Superhybrid Composites

Superhybrid composites consist of adhesively bonded and strategically
located titanium, boron/aluminum and graphite/epoxy plies. The fibers in
both the boron/aluminum an. the graphite/epoxy plies are oriented in the
same direction. Superhybrids were developed recently (refs. 10 through 12)
to meet diverse design requirements which require balanced mechanical prop-
erties such as: strength, stiffness, impact and erosion resistance, light-
weight, reduced residual stresses, and resistance to hygrothermal environ-
ments.

Superhybrid composites are fabricated using the same procedures as for
other advanced fiber composites. These procedures require an elevated tem-
perature cure and pressure (ref. 10). When the superhybrid is cooled to
room temperature lamination residual stresses buildup in all the plies.
Those in the adhesive plies are of special interest because it is through
these plies that the superhybrid developes the composite actien.

Lamination vesidual stress in the plies of three different superhybrids
are shown in Figure 9 taken from the data of Ref. 10. The laminate config-
uration in each superhybrid is shown in the photograph of its cross-section
in the upper part of the figure. The lamination residual stresses are shown
in the lower part. As can be cbserved in Figure 9 the margins of safety
(MOS) values, based on the combined stress failure criterion (ref. 6), for
the adhesive are greater than 0.66. This means that the lamination residual
stresses in the adhesive are relatively low compared to its tensile strength.
Another observation that can be made is that the transverse residual stress
in the graphite/epoxy composite is about 21 MPa (3 ksi) which is about

50 percent of that in Figure 7(a) for 0.55 fibei1 volume ratio angleplied
laminate.

The conclusion from the above discussion is that superhybrids can be

configured which will have relatively low laminaticn residual stresses in
the adhesive.

Lamination Residual Stresses in Complex Composite Components

Composite structural components may have complex shapes with curved
surfaces and variable thickness. One such a component is a fan blade for
aircraft turbine engines. Composite fan blades for possible high-tip-speed
application were investigated at LeRC (ref. 13). A photograph of this blade
is shown in Figure 10. The blade is made from high-tensile strength graphite
fiber/PMR - polyimide (HTS/PMR) composite and consists of [+45/420/0] generic
symmetric laminate configuration. The airfoil shape of the blade has camber
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twist and tapered thickness from leading edge to trailing edge and froz root
to tip. A detailed description of the blade is given ip Ref. 13,

Fiber reinforced pelyvimide composites are usually cured at 589 ¥
(600° F). The temperature difference betweer this and roor temperature is
294 K (530° F). This temperature difference produces high ply transverse
residual stress vhich may produce transply cracks in the blade and may alsc
produce interply delaminations. Transply cracks in graghitc fiber/polyinide
lamipates having ply orientation angles greater thar 30" are a common occur-
rence.

The lamination residual stresses in the plies of the high-tip-speed
composite blade just described were computed ir Ref. 14 using a temperature
difference of 294 K (530° F). Maximum-stressed-ply residual stresses froc
Ref. 14 are summarized in Table I for 9-chord sections and 3-srar statioms.
The corresponding ply (unidirectional compesite) f{racture stresses are giver
at the end of the table for comparisor purposes. The resicdual stresses near
the trailing edge are not given because the finite element analysis model was
not sufficiently fine to represent the blade in this region (ref. 14).

It can be seer in Table I that the plv residuz]l transverse strecses ir
the maximur stressed ply are about 41 MPa (b ksi) and appear to be about
unifore thrcughout the blade except at il.e trailing edge. A ply transverse
stress of 41 MFa (6 ksi) is about €7 percent of the correspocncing transverse
fracture stress 62 MPa (9 ksi). The conclusior froc the above discussior is
that ply transverse resicual stresses in complex comjonents reach relatively
high magnitudes compared tc ccrrespending fracture stresses and may, there-
fore, cause transply cracks prior tc actual application of, or at relatively
low values of mechanical load. This conciusicr is sirilar to those reachec
for the flat laminates.

Larinate warpage Due tc laminatiorn Residual Stresses

Flat composite lazirates have been cheervec to warp upon removal froc
their fabrication mclé. The warpage ma, le ¢f a magrnitude sufficient tc
render the laminate useless for its intended purpose. The warpage is the re-
sult of ply stacking sequences which are not symretric and the lacipation
resicual stresses which are induced by the terperature difference betweer the
cure and rooz temperatures. Ply stacking sequences which are not svmmetric
with respect tc bending result in laminates whick exhibit coupled benrcing-
stretching response wher sutjected to either thermal or mechanical loads.
Warpage, then, is the result of bending which is coupled to the laminate
therzal contractior (negative-stretching) induced by the temperature differ-
ence between cure and roon temperatures. This temperature difference for
typical composite systems is ar follows: fiber./epcxv about 167 K (300° F),
:;gagfgglyimide about 294 K (530° F), and for boron/alucipun about S00 K

& theory for predicting laminate warpage due tc lamination resicual
stresses 1s described in Ref. 4. This thecry consists of approximate re-
lationships to predict the warpage corner deflection, depicted inm Figure 11,
using the curvatures f.x! fron equations (2). Predicted corner deflections
of a warped laminate, assuming that one of the plies is misoriented, are
shown in Figure 12 taken from Ref. 4. The results shown in Figure 12 were obh-

tained by assuming that one of the 45-plier in the [02/445]g symmetric lam-
inate was visoriented as follows:

[Ozlﬁb-ﬁSI-&Sl(bs - 65)102]
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where A6 varied from 0 to 20 degrees. In addition, the laminate was assumed
to be a 25.4 cm x 25.4 cm (10 in. x 10 in.) square plate by 0.15 cm (0.06 in.)
thick and made from high-modulus graphite-fiber/epoxy (MOD-1/ERLA-4617) com-
posite. The temperature reduction was taken to be equal to 167 X (300° F).

The key points to be noted from Figure 12 are:
L. The major part of the warpage corner deflection is due to bending.

2. A ply misorientation of as little as 0.5° produces a warpage corner
deflection equal to the thickness of the laminate.

The reader is referred to Ref. 4 for comparison with experimental data
as well as other factors which may contribute to laminate warpage.

Some of these are: nonuniform fiber and void content; unequal ply thick-
ness; and nonuniform temperature and moisture distribution through the lam-
inate thickness. The effect of nonuniform moisture on warpage is discussed
in Ref. 15.

Effects of Lamination Residual Stresses on Laminate Mechanical Properties

The presence of lamination residual stresses in symmetric angleplied
laminates may effect mechanical properties that is, how the laminate responds
under mechanical load. The effects depend mainly on the following four
variables:

1. Magnitude and sense of ply residual stress;
2. Sense of mechanical load;

3. Ply orientation; and

4. Composite system.

The total ply strain history “‘rom cure temperature to fracture under
tensile load was measured in [OzfiASI angleplied laminates made fruom sev-
eral composite systems (ref. 3). Typical 0-ply strain history in a boron/
epoxy laminate is shown in Figure 13. The strain history plotted is as fol-
lows: (1) Fabrication temperature 450 K (350° F) to 297 K (75° F) with no
load and (2) Tensile load stress from 0 to fracture, about 690 MPa (100 ksi),
parallel to the O-ply direction at constant temperature, 297 K (75° F). The
points to be observed from Figure 13 are:

1. The ply strains vary linearly over the range of the fabrication tem-
perature and with mechanical load.

2. The residual longitudinal strain is slightly compressive whereas the
transverse strain is about 0.2 percent tensile.

3. The longitudinal strain due to mechanical load is tensile and in-
creases linearly almost to fracture with increasing tensile stress.

4. The corresponding transverse strain is compressive and increases in
magnitude linearly to fracture with increasing tensile stress.

5. The total longitudinal strain at fracture is about 0.6 percent, while

the transverse strain is about -0.2 percent (0.2 percent residual and -0.4
percent mechanical).
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Observation (5) leads to the following conclusioms:

1. Lamination residual strains will have pegligitle effect or the mech-
anical properties of [02ft€]5 angleplied laminates subiect tc either mono-
tonic or cyclic tensile load.

2. Combined-stress failure thecries based on fiist ply failure and using
uniaxial ply fracture strains, and neglecting residual strains, will predict
larinate tensile fracture stresses in Iozfxisls angleplied laminates which
are lower conservative) than the experimental values.

3. The transverse strain due to mechanical compressive load will be
tensile, opposite of that showr in Figure 13. This means tha® lamimatior
residuszl strain will affect the compressive fracture stress (monotenic or
cvclic) or angleplied laminates. Also, comzbined-stress failure theories, des-
eribec¢ ip iter (2) above will overestimate the cozpressive fracture stress in
these laminates. Although results are not presented here, it was founc that
the residual stress may degrade the thermal fatigue resistance of some angie-
plied laminates (ref. 1), especially those made from S-glass fiber or low
podulus matrix material. These laminates were thermally cycled between 20(
and 411 K (-100° and 28C° F).

The effects of lamination residual stresses on the initial tanmgent
pocdulus and Foissorn's ratic of [0,/#45). anglepliec lamirates made froc
toron/reinforced aluminur and tested at varicus angles to the 0°-ply direction
were irvestigated in Ref. 16. These effects are summarized ir Table 11.
Predicted iritial tangent properties are shown with and with nc resicdual
strains. As can be seer, the agreezen: betweern predicted results and meas-
ured data is considerably icprcved fer the modulus wher the resicual straims
are considerec. The degree cf agreement achieved for the Poissor's ratic is
tncsnc!us:V| and may depend on straic gradients through the laminate thickness

ref, 16).

The effects of lamination residuzl stresses on the mechanical properties
as measured or a thin tube made frooc [(145);15 boron ‘epoxy arglepliied lam-
inate and subieited to contined locads were investigated in Ref. 17. The trans-
verse ply Tesidual stress iz 70.4 MPa (I0.: ksi) which {s greater than the plv
transverse strength 62.0 MFa (9 ksi), Talle I111. This means that the plies have
failed ir the transverse direction and that thev cannot suppcrt transverse
tensile stress. The ply influence coefficients due to mechanical loaé stress
are shown ir Tatle IV, Froc these irnfluence coefficients it can be seen that
the transverse ply stress (cpan) due to axial lcad stress (coxx) will te
Telatively small wher compared to the longitudinal stress (cga2), (op22/0g11®
0.10/C.90) and similarly for the torsional loaé stress (Cexy)y (cpaalog 1"
=0.14/1.86 for the +45° ply and op22/0g11 ® 0.14/1.8¢ for the -Aga‘p1y§.

Therefore, the transverse ply properties contribute little to the
strength of this lamirate even in the absence of residual stress. Com‘ined-
loac fracture-stresses predicted fcr the tube (ref. 17) by neglecting the
transverse contributior are compared with peasured data ir Table V. Twe
bounds are predicted. The lower bound is based on the failure of the first
ply while the upper bound is basec or the failure of the rezairing ply. As
can be seer ever the precicted upper bound stresses are lower (about é-
percent) than the measured values. The major conclusion {roz this discussior
is that the lamination residual stresses have nngligible effect on the mech-

anical properties of [(245°),]c angleplied fibir/resin laminates wher sub-
Jected to comtined uechan:clg iolén.



Summary of Results and Conclusions

NASA Lewis Research Center rescarch in the area of lamination residual
stresses in composites has been extensive. Some of the more significant
findings from this research over the last 8 years are summarized as follows:

1. Evidence of the presence of lamination residual stresses in angle-
plied laminates are transply cracks and warpage of unsymmetric laminates
which occur prior to application of any mechanical load.

2. Lamination residual strains have been measured using the embedded
strain gage technique.

3. Lamination residual strains result from the temperature difference
between cure and room temperature and vary lin:arly within this temperature
range.

4. Measured ply transverse residual strains reach magnitudes comparable
to ply fracture strain.

5. Lamination residual stresses can be predicted with reasonable
accuracy, compared to measured data, using linear laminate theory. They de-
pend on temperature difference, composite system, ply configuration, and
fiver volume ratio. These stresses appear to be inse.sitive to void volume
ratio and composite component geometry such as variable thickness, curvature
and twist.

6. Warpage cf unsymmetric laminates is very sensitive to small ply mis-
orientations. For example, 0.5° misorientation in one of the 45°-p11es will
produce a warpage corner deflection of a [03/145]g angleplied laminate made
from HM/epoxy equal to the laminate thickness.

7. Lamination residual stresses have negligible effects on the mech-
anical properties of [02/1ﬁ5]s fiber reinforced resin angleplied laminates
when they are subjected to tensile monotonic or tensile cyclic loads. How-
ever, they may affect the compressive fracture properties and the thermal
fatigue resistance.

8. Lamination stresses affect the initial tangent properties of boron
reinforced aluminum angleplied laminates.

9. Lamination residual stresses do not affect the fracture stress of

[(#45)2]g fiber reinforced resin angleplied laminates when these laminates
are -ubjected to combined loads.

10. Lamination residual stresses (strains) are usually present in angle-
plied fiber composite laminates; they are also present in unidirectional
hybrids and superhybrids. For specific applications, the magnitudes of
laminatfon residual stresses should be determined and evaluated relative to
the anticipated applied stresses. Particular attention should be given to

cyclic thermal loadings in applications where the thermal cycling takes place
over a wide temperature range.
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TADLE I. - LAMINATION RESIDUAI STRESSES IN THE MAXIMUM-STRESSED-
PLY AT SELECTED SPANWISE AND CHORDWISE SECTIONS IN A FIBER

s COMPOSITE FAN BLADE (SEE FIG. 10)
Chord fraction Number of | Maximum Ply stresses (ksi)
3 plies stressed (1 ksi = 6.9 MPa)
per ply
section 911 | %22 |%:2 Comb.
atress
MOS
Root section:
L.E. 7 6 1.37 | 6.06 | -2.61 | 0.578
1/8 30 16 -8.61| 5.98 .02 | .552
1/4 45 31 ~4.95| 6.04 .00 | .568
3/8 58 44 -3.81| 6.08| -.01| .568
1/2 71 15 =-4,15| 5.94 | -.02| .586
5/8 70 Ny -5.52| 6.11 11| .555
3/4 64 15 -5.75| 6.08 .04 | .558
7/8 37 15 -7.4415.99 .00 | .559
T.E. 8 8 ———— | m—— | ————| ———
Mid-span section:
L.E. 6 1 -4.14 | 5.66 | 0.00 | 0.623
1/8 16 | -3.06 | 5.63 | -.04 | .633
1/4 27 27 -2.65| 5.64 | -.08 | .634
3/8 42 15 -3.18 | 5.66 .00 | .628
1/2 60 15 -3.04 | 5.67 .00 | .628
5/8 61 47 -3.29| 5.66 .00 | .627
3/4 51 2 -3.00| 5.62 07| .634
7/8 26 2 -3.02 | 5.63 .25 | .633
T.E. 6 6 ————— | —m—— | - | ——
v Tip section:
2 L.E. 5 1 -2.60 | 5.63 | -0.09 | 0.636
1/8 8 2 -2.68 | 5.63 02| .635
430 1/4 17 1 -2.75| 5.62 | .03 | .536
| 3/8 33 15 -3.41| 5.63 01| .630
i 1/2 51 15 -3.05| 5.63 .00 | .632
{2 5/8 48 15 -2.91} 5.61 .00 | .635
B 3/4 3 1 -3.07 | 5.61 | -.03| .635
! 7/8 17 1 -2.99| 5.63 | -.08| .634
& T.E. 5 5 ——ee | cene | cence | conne
45
Notes: L.E. = leading edge
SR T.E. = trailing edge
e Unidirectional composite
o Material fracture stresses 1 ksi = 6.9 MPa
. Longitudinal temsile 170 ksi
\ Longitudinal compression 150 ksi
t ¢ Transverse tensile 9 kei
1 Transverse compression 20 ksi
* Intralaminar shear 17 ksi
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TABLE 1(. - COMPARISONS OF MEASURED AND PREDICTED RESULTS

[Initial tangent elastic constants; boron/aluminum composites; 4-mil diam fiber;
6061-0 aluminum alloy; 0.50 fiber volume ratio; AT = -700° F.]

Composite | Loading | Initial tangent modulus 108 psi|Initial tangent Poisson's ratio
ply angle
orientation Predictad with Measured* Predicted with Measured*
T
No Residual No Residual
residual strain residual strain
strain strain
(0g] 0 34 3% 3% 0.24 0.24 0.22
[DzﬂS]s 0 33 31 30 .28 .34 .24
-80 21 15 13 .20 .20 .20
(ozﬂo]s 0 30 23 23 .33 72 .33
30 25 18 16 .33 .06 .09
-22.5 27 21 22 .34 31 .33
[0.‘,:|:45]s 0 27 17 18 .34 .69 .30
-37.5 25 14 16 .30 .20 .24
[uzﬂols -37.5 20 14 15 .41 11 .11

*Measured values weze taken at ubout 10 percent of the composite fracture strain.
Note: 1° F = 0.56 K

106 psi = 6.89x10% kPa.

TABLE III. - RESIDUAL STRESS +45" OR -45° PLY
FOR A TEMPERATURE REDUCTION OF 16/ K (300° F)

~

%1

ﬁ %222

Lﬁzlz

-72.4
(-10.5)

72.4
(10.5)

MPa
(ksi)
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TABLE IV. - INFLUENCE COEFFICIENTS FOR CALCULATING PLY STRESSES
FROM COMPOSITE STRESSES

%11 1 %12 %13 ( “exx
9922« seuli%21 = 02202593 ¢ %cyy
%112 - Sl e lf’.--, J

(ply stress) (influence coeffs) (composite stress)

0.90 0.90 1.86 5
.10 .10 ~-.14| +45 ply & no residual stress
-.50 .50 o0

0.90 0.90 -1.86 o
.10 .10 .14 | =45 ply & no residual stress
.50 -.50 0

TABLE V. - COMPARISON OF FRACTURE STRESSES

[The specimen was loaded to fracture in
combined loading-condition (1:0:1.2).]

Stress type Stress value, ksi

Measured Predicted

Lewer bound | Upper bound

Axial 20.2 17.9 19.4
Torsional 23.1 20.6 22.3

Note: 1 ksi = 6.89 MPa.
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Figure 1. - Schematic of fiber composite laminate geometry (coordinates
xyz denote structurai axes).

/ TRANSVERSE

CS-52406

SHEAR

Figure 2. - Schematic of single ply geometry (coordinates 123
denote material axes).
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Figure 3, - Photomicrograph showing iransply cracks (0/90)g high-modulus/E poxy.

Figure 4, - warped unsymetric kevlar-fabric/E poxy laminate
0/45/-45/0 ,
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(@) STRESS IN THE +8 PLY OF [0/48] (b) STRESSES IN THE PLIES OF [ O/ +8/90I ¢
ANGLEPLIED LAMINATE. ANGLEPLIED LAMINATE (FIBER VOLUME
RATIO 0. 55).
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(c) STRESSES IN THE OUTER PLY (FIBER
VOLUME RATIO, 0. 55).

Figure 7. - Ply residual transverse stress for graphite Thornel-50/epoxy composites. Temperature
difference, 167 K (300° F).
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PLY
ORIENTATION
ANGLE,

COMPOSITE GEOMETRY

MATRIX MODULUS, GPa

— [(#30) /u5>§
— - — [ (#45)y] (222. ;;061 S
B
5 1. 0 1. 5x10°
MATRIX MODULUS, psi
I | | l |
0 3 6 9 12

Figure 8. - Effect of matrix modulus on ply residual transverse stress. Modmor-I/polyimide

sites; zero void content; fiber volume ratio, 0.50; temperature difference, 333K
F).
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PLY PLY STRESS, MPa/(ksi)
LONGIT® | TRANSVD | S.#.€| LONGIT| TRANSV | S.M. | LONGIT | TRANSV | 5. M.
TOP

TITANIUM | 827 135.1 0.9 | 123.4 | 139.3 |(C.92 | 86.8 138.6 | 0.9
(120 | (-19.6) 17.9 | (-20.2) {12.6) | (-21.1)

ADHESIVE| 24.8 22.1 .67 | 5.5 21.4 .66 | 24.8 21.3 .67
(3.6) (3.2) 3.7) 3.1 .60 | 3.1

B/Al 80.6 16.5 | | s -==- | 910 2.8 .99
(1L7) | .4 (13.2) | (0.4)

Gr/Ep 65.5 21.4 .83 | 18.6 20.0 85 | 59.7 20.0 .8
-9.5) | 3.1) 2.7 | @29 (-8.4) | (2.9) _J

3pARALLEL TO FIBER DIRECTION.
BTRANSVERSE TO FIBER DIRECTION.
CSAFETY MARGING (BASED ON COMBINED-STRESS FAILURE CRITERION).

Figure 9. - Lamination residual siresses in superhybrid composites.
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Figure 10. - High-tip-speed composite blade,
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— — — POSITION WITH
RESIDUAL STRESS

—————— y

_~—FREE OF RESIDUAL
STRESS POSITION

FIXED ~ _

EDGE /' /I - CORNER DEFLECTION

TN PLATE
X THICKNESSS

Cs-71832

Figure 11, - Schematic depicting corner deflection due * warpage.

L2 3.0 COMBINED

BEND
LO—

20—

L~

MAX CORNER DEFLECTION, in
(=)
I

MAX CORNER DEFLECTION, cm

/TWIST
| I |
0 =5 -10 -19 -2
A6, deg

Figure 12. - Warpage due to single-ply misorientation. [0
45, -45, (#45 - AB), 0,1, MOD-I/ERLA 4617, 0.5 FVR,
AT = -167 K (-300° F).
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Figure 13. - Total strain history in 0-degree plies of (0, #5 ¢ boron epoxy laminate
from curina to failure under uniaxial tension.



